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REAL FLOW LIMITATIONS IN SUPERSONIC AIRPLANE DESIGN 
R. M. Kulfan, Senior Specialist Engineer 

A. Sigalla, Chief, Technology-Preliminary Design 
Boeing Commercial Airplane Company, Seattle, Washington 

Abstract angle of attack for this example i s  found to  be approximately 
15 degrees. Experience indicates that the airstream normally 

Experimental studies, including pressure measurements, will not  be able to  flow around the leading edge at this large 
force measurements and flow visualization techniques, have angle of attack without flow separation. This i s  particularly 
shown that predicted aerodynamic performance levels of super- true for the thin airfoils that are characteristic of supersonic 
sonic wings can be achieved only when the flow remains wing designs. This leading.edge flow separation completely 
attached over the entire wing surface. alters the character o f  the flow pattern over the wing. 

The nature of  the breakdown of  potential flow on super- 
sonic wings is discussed and illustrated with experimental f low 
visualization pictures and wind-tunnel data. Various types of 
flow breakdown are examined. Simplified flow analogies that 
explain these flow phenomena are developed. Practical pro- 
cedures that ensure design for attached flow at prescribed con. 
ditions are described. Flow analogies are used to  explore the 
impact of various airplane design parameters on the breakdown 
of  attached flow. 

1.0 Introduction 

The design of efficient, very highly swept supersonic wings 
is one of the more difficult problems in aeronautics. These 
highly swept wings are of interest because they have the poten- 
tial, according to  theory, o f  having relatively low drag a t  super. 
sonic lifting conditions. 

L- 
Well known supersonic wing theory' indicates that the 

leading edge of a wing must be a t  an angle of  sweepback greater 
than the angle weak shockwaves make with the free stream a t  
corresponding Mach numbers to  achieve low drag a t  lifting 
conditions. Sweepback angles of 70 to  75 degrees are neces- 
sary for Mach numbers in the range of 2.0 to  3.0 Theoretical 
predictions indicate that an airplane with a wing of  such high 
sweep would have an advantage of approximately 15 to  20 
percent in liftldrag ratio when compared to  an airplane having 
a much lower sweepback angle (for example, 50 degrees). 

When i t  was first attempted to  substantiate these very 
encouraging predictions with wind-tunnel models, it was found 
that the experimental results did not confirm them a t  all. Sub- 
sequent examinations revealed that the low drag predicted by 
theory was not achieved because the flow pattern around the 
wings, implicit in theory, did not occur in practice. Viscosity, 
which normally has a relatively small effect on the overall f low 
over wings a t  normal cruise lift conditions, had a rather sub- 
stantial effect on these highly swept wings. 

Consider as an example a wing a t  Mach 3.0 and a t  an angle 
of attack of 4 degrees-typical supersonic conditions. With the 
wing swept 75 degrees to  achieve low drag, the Mach number 
component normal t o  the leading edge i s  0.78. Hence near the 
wing leading edge, a recognized subsonic flow condition i s  pro- 
duced. The leading edge flow is governed by the angle normal 
to the leading edge. Using simple sweep theory. the normal 
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Leadingedge flow separation i s  only one of  the reasons 
why the predicted low drag levels o f  highly swept wings could 
not be obtained. The flow over the wing, which i s  a t  a rela- 
tively low pressure, must adjust t o  freestream pressure through 
a shock wave at the trailing edge. If the theoretical f low 
requires too large a pressure rise, trailing-edge separation 
occurs. Again the flow pattern postulated by theory cannot 
occur and the theoretical drags cannot be achieved. Similar 
problems can occur on other partsof sucha highly swept wing. 
The establishment o f  a f low consistent with theoretical low 
drag is,  therefore, contingent on the response of  the boundary 
layer to  potentially severe conditions a l l  over the wing. The 
development and behavior of highly swept wing boundary 
layers under complicated three-dimensional flow conditions is 
not amerable to  theoretical calculations. Necessary wing design 
limitations cannot be defined strictly on the basis of  analytical 
studies, and therefore had t o  be developed from experimental 
test programs. 

This paper presents a comprehensive set o f  design condi- 
tions that can be used to  define efficient, highly swept super. 
sonic wings. I f  these conditions are applied as constraints to  
theoretical calculations, the flow pattern resulting from analy- 
sis would not have a very large effect on the wing boundary 
layers and the theoretical flow, and drag, could be expected 
to  be obtained in practice. 

The results presented in this paper are based on work that 
began in the la te  1950s and was carried through the U.S. SST 
program until cancellation of  the program in 1971. The object 
of the work was to  develop methods for the design of  efficient 
supersonic wings. More recently. interest in the  design of such 
wings has been renewed both for eventual commercial' and 
military3 applications. For the latter case, not only does the 
designer require low drag a t  cruising conditions, but he also 
requires a reasonable flow at higher l i f t  coefficients associated 
with military maneuvers. A review of design methods to  
accomplish this is therefore timely and appropriate, and forms 
the subject of this paper. 

In Section 2 the basic characteristics of supersonic wing 
planforms are discussed, pointing out the advantages of highly 
swept wings in supersonic flow. This i s  followed by a review 
of  experimental results illustrating the basic flow problems of 
highly swept wings. The potential effects of warping the sur. 
face of such wings, (e.g., camber and twist) are discussed in 
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Section 3. The different possibilities of flow breakdown on 
highly swept, warped wings are discussed in  Section 4, with 
emphasis on shockwave-induced separation. Constraints for 
the design of  highly swept supersonic wings are presented in 
Section 5. In Section 6, these design constraints are used to  
explain the breakdown of  attached flow on a number of wind- 
tunnel models. Successful design applications of  these criteria 
are discussed in Section 7. 

2.0 Aerodynamics of Highly Swept Wings 

The aerodynamic efficiency of an airplane is  characterized 
by i t s  l iftldrag ratio, LID. The drag of  a supersonic configura~ 
t ion typically consists of the skin friction drag, wave drag due 
t o  thickness, and drag due to  l i f t .  Supersonic drag due to  lift 
includes both induced drag and wave drag due t o  l i f t .  The 
theoretical drag polar (that is. the relationship between drag 
and l i f t )  for any simple configuration can be expressed as: 

where CDo i s  the drag coefficient at zero lift and is  composed 
of  both thickness wave drag and friction drag. olCD/olC2 i s  

L. 
the drag-due-to-lift factor and is theoretically a constant. 

The solution of  this equation for maximum L ID  gives the 
simple relation: 

0.5 

(L/Dlmax = 7/-- 

Hence the attainment of high (LIDmax) is seen t o  depend 
on the two factors CDo, and (CYCDIcYC~). The drag-due- 

to - l i f t  factor i s  primarily affected by the wing selection, The 
friction drag i s  primarily determined by the Reynolds number 
and Mach number. The thickness wave drag is dependent on 
the wing shape and i t s  thickness distribution. 

Increased wing sweep so that the leading edge is behind 
the leading-edge shock (subsonic leading edge), as shown in 

W' 
Figure 1 ,  is very beneficial in reducing both wave drag, CD 

and the drag-due-to~lift factor. Additional reductions in the 
drag~due-to-lift factor are indicated by carving out the less 
efficient a f t  area of a delta wing, thereby producing an "arrow" 
wing planform. 

2.1 Highly Swept Wing Experimental Results 

Results of wind-tunnel tests to substantiate the low drag 
levels of  highly swept, supersonic wings are shown in Figures 
2 and 3. The results indicate that the predicted zero l i f t  drag 
levels are indeed achieved, However, the drag~due-to-lift factor 
is  substantially higher than theoretical predictions, particularly 
when the leading edge i s  subsonic. 

The wind-tunnel results4. shown in Figure 3 associated 
the increased drag due to  l i f t  with a sudden change in the 

upper surface flow from an attached to  a separated flow c o n d i ~  
tion. The theoretical model and observed flow patterns are 
shown in Figure 4. The observed pattern was dominated by 
the formation of a leading~edge separation vortex characteristic 
of the flow pattern found on highly swept wings a t  subsonic 
speeds 

2.2 Flow Over a Highly Swept Wing 

U 6 

By virtue of  extensive experimental and semi-empirical 
i n v e s t i g a t i ~ n s , ~ ~ ~ ~ ~ ~ ~ ~ ~ ~ ' ~ ~ ~ ~ ' ~  the formation of the lea ding^ 
edge separation vortex is well understood. For the subsonic 
leading-edge wing a t  angle of attack, the attachment line of 
the flow i s  back of the leading edge on the lower surface. 
There is,  therefore, flow from the lower surface around the 
leading edge to  the upper surface. The expansion of the flow 
going around the leading edge results in a very high negative 
pressure and a subsequent steep adverse pressure recovery 
gradient near the leading edge on the upper surface. The steep 
adverse pressure gradient can readily cause the three- dim^ 
ensional boundary layer to  separate from the surface. When 
separation occurs, the boundary layer leaves the wing surface 
along a swept separation line and rolls up into a region of  
concentrated vorticity which is swept back over the surface of 
the wing. The effect o f  this vortex i s  t o  alter the velocity 
distribution and hence the pressure distribution over the wing. 
The pressure  distribution^'^ in Figure 4 illustrate the effect o f  
t h e  leading~edge vortex on the upper surface. Note that the 
lower surface pressures are also affected. The lower surface 
effect is associated with the stagnation line moving t o  the  lead^ 
ing edge when the leading~edge vortex i s  formed. 

Typical pressure distributions and leading-edge vortex 
formation on two highly swept wings, with sharp and with 
round leading edge airfoils, are shown in Figure 5 .  The sep- 
aration vortex springs from the entire leading edge of  the sharp 
airfoil wing. The effect o f  the round leading edge i s  t o  reduce 
the adverse pressure gradient on the inboard portion of the 
wing. The leading edge separation starts near the wing t ip and 
moves inboard with increasing angle of  incidence. The forma- 
t ion of the leading-edge vortex affects the l i f t ,  pitching moment 
and drag on a highly swept wing1'. The discussions in this 
paper are primarily concerned with the effect on drag. The 
theoretical drag force on a wing section as shown in Figure 6 is  
the resultant o f  a component of the surface normal force 
( C L ~ ) ,  the thickness wave drag, friction drag, and a leading- 
edge thrust force, CT. In practice the thrust force must dev- 
elop from the large leading-edge pressure acting on the "nose" 
of  the airfoil. 

Experimental variations of  the leading-edge thrust force 
obtained on a highly swept delta wing are compared with 
theoretical predictions in Figure 6 for two symmetrical (f lat) 
wings and for a wing with conical camber. One of the two  flat 
wings had a sharp leading-edge airfoil. The other flat wing and 
the wing with conical camber had rounded leading edges. Note 
that the f l a t  wing loses the theoretically predicted thrust force 
a t  very low l i f t  coefficients (CL = 0.051. The roundetl ieading~ 
edge airfoil i s  able to  achieve a higher percentage of  the leading- 
edge thrust force than the winy with a sharp airfoil. This loss 
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in leading-edge thrust force i s  directly associated with the 
formation of  the leading-edge vortex. The conically cambered 
wing i s  able t o  achieve the predicted thrust force t o  a higher 
l i ft coefficient (CL = .025). However, at negative lift coeffi- 
cients, l i t t l e  i f  any leading-edge suction i s  achieved. This i s  dis- 
cussed further in Section 3. 

2.3 LeadingEdge Separation Criteria 

' 

It has been found experimentally that the nature of  the 
flow over highly swept wings a t  incidence changes with increas- 
ing Mach number from a leading-edge separation type of f low 
to  an attached flow over the upper surface of  the wing8. On 
thin wings this can occur a t  a Mach number below that for 
which the leading edge is supersonic (Le.. the component of 
Mach number normal t o  the leading edge i s  less than 1). 

In the analyses of  separated flow around swept leading- 
edge wings it has been found useful t o  correlate the data in 
terms of  conditions normal t o  the leading edge. The velocity 
components normal t o  the plane of  the wing WN, and normal 
t o  the leading edge of  the wing in the plane of  the wing, UN, 
are: 

WN = U sin CY 

UN = U sin CY cos A 

The incidence angle normal t o  the leading edge, ON, and 
the normal Mach number MN are: 

L, 
aN = tan-' (tan aicos A) 

MN = M cos A frin2atan2n 
As shown in  Figure 7 .  the normal angle of  incidence i s  

appreciably higher than the wing angle of  incidence 01 for a 
highly swept wing. Experimental correlations of  f low over 
highly swept uncambered wingsa have identified the bound- 
ary region shown in Figure 7 that separates the conditions 
(normal Mach number and normal incidence angles) for which 
attached flow, or leading-edge separation flow, exists. This 
boundary between separated and attached flow for uncam- 
bered wings can be approximated by the expression16: 

MN = 0.06+0.01301N 

A r o u m  leading edge, as shown in Figure 7 and as pre- 
viously discussed. tends to  suppress the formation of  separated 
flow t o  larger incidence angles relative to  sharp leading-edge 
airfoils. The leading-edge vortex formation boundaries shown 
in Figure 8 have been constructed using the aforementioned 
sharp leading airfoil separation equation t o  illustrate the effect 
o f  wing leading-edge sweep. This separation criterion predicts 
the sudden formation of  the leading-edge separation vortex on 
the flat wing model4 shown in Figure 3. 

As shown in Figure 9, this flat wing separation criterion 
can be applied to  wings with varying leading-edge sweep by 
using the local leading-edge sweep anglea. 

'.- 

To obtain the low drag potential of highly swept wings, 
leading-edge separation must be avoided. Otherwise the 
leading-edge thrust previously discussed cannot be achieved. 
Hence, the low drag-due-to-lift potential of swept flap wings 
appears to  be unachievable for all but  very low incidence 
angles. 

3.0 Cambered and Twisted Wings 

Properly designed warped wings can suppress the develop 
ment o f  the leading-edge vortex and thereby shift the boundary 
for attached flow up t o  higher incidence angles (Figure 9). 

The e f f e c t  o f  wing camber and twist (wing warp) on sup- 
pressing the leading-edge separation is  shown qualitatively in 
Figure 10. Wings designed to  achieve a finite load distribution 
along the leading edge are cambered and twisted such that the 
leading edges of the wing align with the local f low direction. 
The attachment line lies along the leading edge. The expansion 
over the wing upper surface i s  greatly reduced, thereby elimin- 
ating the strong adverse pressuregradient near the leading edge. 
The thrust force on a cambered airfoil i s  achieved by action of 
the reduced expansion pressure on the relatively large 
"slioulder" area of  the airfoil. 

A t  angles of attack above or below the design incidence of 
a warped wing, the attachment line will move below or above 
the leading edge, respectively, and eventually may promote thc 
formation of the separation vortex. A t  negative incidences, an 
adverse pressure gradient rapidly develops on the lower surface 
and quickly eliminates the leading-edge thrust force. The 
leading-edge thrust data shown in Figure 6 illustrate incidence 
effects on the chord force of a cambered wing. 

Typical pressure distributions for warped and flat highly 
swept, supersonic wings are shown in  Figure 11. 

In addition to  suppressing the formation of  leading-edge 
separation, cambered wings offer low drag-due-to-lift poten- 
tial. This low drag potential i s  only slightly less than the 
theoretical, but apparently unachievable, f l a t  wing potential. 
A great deal o f  experimental and theoretical studies have been 
directed a t  developing low-drag cambered wings, and have 
achieved widely varying results. Some of  the cambered wing 
designs, such as those shown in Figures 12 and 13, achieved 
significant aerodynamic improvements over comparable flat 
wings having the same planforms and thickness distributions. 
Others failed t o  show any improvement over f la t  wings. To 
further complicate matters, a successful camber wing design 
often would fail t o  achieve its low drag i f  airplane design 
parameters such as the wing thickness andlor design l i f t  coef- 
ficient were increased, or i f  the body shape was altered. 

The explanation came from f low visualization studies, 
which showed that the successful configurations had attached 
flow overthe wing upper surface. Unsuccessful wings exhibited 
vortex dominated flow, strong shock and large regions of sep- 
arated flow on the upper surfaces of the wings. Camber and 
twist design of  a given configuration had t o  take into account. 
therefore, the influence of factors such as wing thickness, l i f t  
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coefficient, design pitching moment for low tr im drag, and 
body shape. To make this possible, a more thorough under- 
standing of the different types of f low in these wings became 
necessary, as discussed below. 

4.0 Types of Flow on Highly Swept Wings 

The unsuccessful cambered wings typically encountered 
strong spanwise flow near the trailing edge; flow se?aration 
behind a strong oblique shock near the wing leading edge; or 
separation behind a strong shock close to  the trailing edge. The 
main types of f low observed on these highly swept, cambered, 
supersonic wings are shown in  Figure 14. The attached flow 
corresponds to  the theoretical conditions. The leading-edge 
vonex f low i s  characteristic of highly swept, flat wings. Often 
more than one of these conditions would exist simultaneously. 

Figure 15 illustrates a typical breakdown of f low over a 
cambered wing design a t  Mach 3.0 as the angle of incidence i s  
increased. Figure 16 illustrates how a change in mid-body 
contour can promote shockinduced flow separation. It i s  
necessary to  understand why flow breakdown can occur to  
enable the design of configurations that will be free from this 
undesirable condition. An approach that can lead t o  the suc- 
cessful design o f  supersonic airplanes i s  discussed below. 

5.0 Cambered Wing Design Criteria 

Careful examinations of t e s t  results have shown that the 
design o f  the wing camber and twist in  conjunction with wing 
thickness and body effects must avoid (1) strong spanwise 
flow, 12) extremely high suction pressures, (31 inboard shock 
separation, and (4) trailing~edge shock Separation. 

Design criteria were needed t o  predict f low breakdown on 
the basis of potential f low analyses so that wing camber and 
twist could be developed or modified t o  avoid serious drag 
increases. In general, the type o f  f low over a wing depends on 
the combination of camber, twist, angle of attack, wing thick- 
ness distribution and airfoil shapes, body shape, and possible 
effects of other airplane components, and flight conditions. 
All of these contribute t o  the pressure distribution on the wing. 
The pressure distribution directly governs the nature of the 
flow over the wing. 

The method that has been developed to  help understand 
the flow phenomena involves the use of supersonic linear 
theory t o  estimate the pressure distribution on a wing. This 
pressure distribution i s  then examined t o  assess the proba- 
bi l i ty of achieving the theoretical aerodynamic performance 
levels. 

The recommended wing design approach i s  to  design the 
camber and twist distribution t o  produce finite leading-edge 
pressures and mi ld  pressure gradients. A t  the design conditions 
the nature of the f low is governed by wing upper surface pres- 
sure levels. Off-design conditions such as high maneuvering 
angles of attack may produce severe pressure gradients that 
result in  boundary layer separation or the development of 
leading-edge vortices. 

The design criteria considered here are those associated 
with pressure levels and were derived from a rather substantial 
body of experimental three-dimensional boundary layer separ- 
ation results. 

5.1 Avoiding High Suction Pressures 

V 

Linear theory estimates can provide theoretical negative 
pressures in excess of vacuum pressures. Experimental 
data17,18,19 such as shown in  Figure 17 indicate that i t  is 
advisable t o  reject theoretical solutions when predicted suction 
pressures exceed about 70 or 80 percent of vacuum pressure. 
This can be accomplished by applying load constraints during 
the theoretical wing design optimization process. 

5.2 Avoiding Strong Spanwise Flow 

To avoid strong spanwise flow it is necessary t o  prohibit 
the development of increasing negative pressures near the wing 
tip. Theoretical studies, such as shown in Figure 18, indicate 
that wing thickness pressures which build up near the 
wing t ip  are a major contributor to  the t ip  pressures. 

Fortunately, as shown in Figure 18, the wing outboard 
thickness pressures are relatiwely insensitive t o  changes in the 
airfoil shape or thickness on the inboard wing. To l imit  span^ 

wise flow, the wing t ip  must be kept thin. However. the in- 
board portion of the wing can be thickened t o  satisfy struc- 
tural requirements without affecting the spanwise flow. It i s  
necessary. therefore, t o  consider the effect of wing thickness 
on drag-due-to-lift optimizations even in linearized flow '__, 
calculati.ons. 

5.3 Avoiding Inboard Shock Separation 

The formation o f  the forward shock as shown in Figure 
19 is  associated with f low conditions near the inbopid portion 
of  the wing and therefore i s  referred t o  as the inboard shock. 
This shock is associated with the flow near the wing lea ding^ 
edge junction with the body20.21, The local f low on the uppcr 
surface of a swept wing i s  directed inward. The flow must then 
turn t o  run parallel to  the local body surface. This subsequent 
turning of the flow causes compression waves; these may 
coalesce and form a shock wave that is swept aft a t  approx- 
imately the local f low Mach angle. I f  the required turning 
angle is large enough, the shock strength may become suffi- 
ciently strong t o  separate the boundary layer. 

Empirical separation data22,23,Z4 for f low across a glallc- 
ing shock wave in  which the flow i s  deflected in the Place of 
the wing, indicate that a pressure rise of 50 percent across the 
shock wil l  cause f low separation. Using simple sweep theory. 
the local f low turning angle ( 6 ~ 1  can be related to  the friie- 
stream Mach number, M-, wing leading-edge sweep, A, and 
local Mach number, MQ (or pressure coefficient). If it i s  then 
assumed that the f low turns abruptly to  flow parallel to  the 
body surface, the oblique shock relations can be used to calc- 
ulate the pressure rise associated with the abrupt change in 
direction. Flow separation across a forward shock is likely to  
occurz5 when this pressure rise exceeds 50 percent. as shown v 
by the experimental data in  Figure 19. 
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I t  i s  possible, therefore, to establish a l imit on the allow- 
able negative pressure coefficient level in the area of  the wing/ 
body junction. This limit, which depends on the wing sweep, 
local body curvature, and freestream Mach number, i s  usually 
significantly more restrictive than the aforementioned 80 per- 
cent vacuum limit. 

‘\~,’ 

The equations used to  calculate the inboard shock limiting 
pressures are shown in Figure 19. Figure 20 shows the effect 
o f  freestream Mach number and leading-edge sweep on the in- 
board limiting pressure for a straight-sided body (6  B = O o ) .  
Body contouring, as shown in Figure 21, has a powerful effect 
on the allowable inboard pressures. A contracting body near 
the leading-edge junction typical of an area-ruled body greatly 
increases the allowable negative pressure, and also contributes 
a negative pressure field t o  the front portion of  a wing. Hence 
the net benefit of body contouring in avoiding the formation 
of the inboard shock requires specific evaluations. 

The same separation criterion (i.e., pressure rise of  50 per- 
cent) can be used to gauge the possibility o f  f low separation on 
the wing across glancing shocks produced by the body pres. 
sure field or other adjacent components such as nacelles, struts 
or t i p  fins. As shown in Figure 22. the local pressure field on 
the upper surface of a wing can amplify the pressure rise across 
a shock wave, causing a normally mild shock to  promote 
separation, The fuselage. therefore, has an important e f f e c t  on 
the design of supersonic wings. 

5.4 Avoiding Trailing-Edge Separation Criteria 
L. 

Wing planforms having a supersonic trailing edge develop 
a trailing-edge shock across which the wing upper surface pres- 
sures adjust t o  approximately freestream static pressure. The 
strength of  the trailing-edge shock is directly associated with 
the upper surface pressure a t  the trailing edge, Figure 23. The 
flow across the trailing shock i s  quite similar t o  flow across a 
compression corner. Empirical correlations of separation data 
for compression ~ o r n e r s ~ ~ ~ ~ ’  as shown in Figure 23 indicate 
that a pressure rise exceeding 1 t 0 . 3 M ~ ~  can result in f low 
separation. Additional experimental s t u d i e ~ ~ ~ . ~ ~  of f low across 
swept compression corners suggest that the effect of trailing- 
edge sweep can be accounted for by the use of  the local 
normal Mach number (MNg = MQ cos ATE) in determining 
the allowable pressure rise. 

Relating the Mach number normal t o  the trailing edge t o  
the freestream conditions gives the limiting edge pressures 
shown in Figure 24. Trailing-edge sweep i s  seen to  have a 
powerful degrading effect on the allowable negative pressures 
near the trailing edge of  a highly swept wing. 

6.0 Separation Criteria Applications 

This section contains applications of  these design criteria 
t o  explain the flow development phenomena. The examples 
selected include the models used to  illustrate the types of  f low 
breakdown on the upper surface of  supersonic wings in Sec- 
t ion 4 (Figures 15 and 16).  LL 

The calculated separation criteria limiting upper surface 
Pressures for a 75-degree swept-wing wind-tunnel model are 
shown in Figure 25. The inboard shock separation limiting 
pressure and the trailing-edge shock separation pressure are 
seen to  be more restrictive than the 0.8 vacuum suction pres. 
sure limit. The local body slope (-5 degrees) in the area of the 
wing intersection nearly doubles the allowable pressure in the 
inboard regions of the wing. The application o f  the limiting 
pressure to  this model as shown in Figure 26 predicted the 
development of the trailing-edge shock (LY = Oo, 2O)  followed 
by formation of the inboard shock (ai = 4 O )  and finally a 
large area of separated flow behind the merged inboard and 
trailing edge shocks (ai = 6O). Prediction of  the inboard move- 
ment o f  the trailing-edge shock separation as angle o f  incidence 
increases i s  shown in Figure 27. 

The design criteria have been used to  explain the develop- 
ment o f  the shock-induced separation on the model shown in 
Figure 16 when the conical mid-body section was replaced by 
a curved mid-body30. The calculated theoretical pressures3’ 
shown in figure 28 indicate that the curved mid-body pro. 
duced a strong mid.body shock that far exceeded the limiting 
pressure rise (P21pl = 1.5) across a glancing shock wave. 

The flow development on another wind-tunnel model 
designed to  achieve a uniform load distribution a t  Mach 3.0 
is  shown in Figure 29 a t  approximately the design lift coef- 
ficient (Ck=  0.10). Application o f  the design criteria t o  this 
model indicates that separation behind strong inboard and 
trailing-edge shock waves i s  very likely. The f low visualiza- 
t ion picture and pressure contour plot confirmed these predic- 
tions. Figure 30 illustrates how the nonlinear pitching moment 
characteristics of  this model can be interpreted by means of  
the flow separation criteria. The initial break in the pitching 
moment curve is  associated with loss of  lift near the wing t i p  
caused by trailing edge separation. Severe pitch-up results as 
the separation behind the inboard shock rolls up into a spiral 
vortex sheet, shifting the wing l i f t  inboard and forward. 

The separation criteria have been applied to  the 70-degree, 
cambered, swept~wing design for which the drag and lift,data 
were shown in Figure 12. As shown in Figure 31, the separa- 
t ion criteria indicate that a trailing.edge shock would develop 
above the design l i f t  coefficient (CL = 0.08) followed a t  higher 
incidences by development o f  leading-edge vortex separation 
and possible t i p  separation associated with theoretically high 
suction pressures near the t ip. 

The envelope drag-due- to- l i f t  factors (KE = ( a i C ~ /  
aiCfImin 1 for a series of flat and twisted wings are shown in 
Figure 32. All o f  these wings had the same planform geometry 
but different airfoils. The 2.5-percent, thick, cambered, twisted 
wing achieved approximately 20 percent lower drag due to  l i f t  
than any of  the other wing designs tested. Interpretation of 
the theoretical pressure distributions b y  means of  the separa- 
tion criteria would indicate that the higher drag-due-to-lift 
levels on the various wing designs were associated with differ- 
ent f low mechanisms. The thin, sharp.edge, flat-wing flow was 
dominated by leading-edge separation. The increased thickness 
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on the flat wing appears to  have suppressed the development 
of the leading-edge vortex. However, the separation criteria 
would indicate flow breakdown because of a strong trailiny- 
edge shock and high suction pressure near the wing t ip.  The 
thicker cambered wing experienced strong spanwise flow and 
severe trailing-edge shock separation. 

The example applications of  the separation criteria in this 
section are passive applications, used to  explain the flow 
breakdown on unsuccessful wing designs that were tested 
before the design criteria were developed. These applications 
illustrate the validity of thesu simple design criteria. The design 
applications shown in the next section illustrate successful 
wing designs developed to  satisfy the design criteria. 

7.0 Design Applications of the Separation Criteria 

The wing development method using the suiiersclnic 
wing design criteria i s  summarized in Figure 33. The wing/ 
body combination is designed using linear theory to  achieve 
low theoretical drag while satisfying the wing structural depth 
a n d  volume requirements. The theoretical wing upper surface 
pressure distribution is calculated a t  the design condition 
accounting for wing thickness, camber, twist. and body 
effects. The theoretical pressure distribution is checked to  
determine i f  any of the design criteria have been violated. 
If the design criteria are satisfied the wing design i s  consiili?red 
to  have a high proliability of success. i f  they are inot. the design 
must he modified. 

Figure 34 illustrates the development of a tailored wing 
design t o  provide additional wing inload thickness. Theory 
indicates that the only drag difference between the two wing 
designs would be that due to  thickness wave drag, independent 
o f  l i f t  coefficient. Tests conformed these designs. 

The wind-tunnel results shown in Figure 35 verified the 
low dray due t o  l i f t  o f  an early U.S. SST wing. The achieved 
level of drag due to l i f t  was near to  the theoretical optimum 
drag level. This i s  considerably better than would he achieved 
with an uncambered wing. 

A relatively unexplored api>lication of  the design criteria 
is showti schetnatically in Figure 36 by the typical theol-ctical 
f low breakdown lboundaries. The example illustrates a design 
condition free of predicted flow separation. At the indicated 
off~design maneuvering condition, the wing design would em 
counter f low breakdowli. This suggests the possibility o f  usiny 
variable camber to  expand the separation-free operating cont l i~  
tions. The supersonic wing design criteria coultl l i e  quite useful 
in such an application. 

W 

8.0 Conclusions 

The foregoirig discussions have shown that highly swept 
wings offer Iuw supersonic drag levels. 

Highly swept flat wings are unable to  achieve the theoret- 
ically low~dray~due-to-l ift levels except a t  very small incidence 
angles. 

Hiylily swept cambered and twisted wings desiynetl for 
optimum load distributions with finite body-edge pressures 
can achieve low drag levels providing the flow remains 
attached a t  the design condrtion. 

Supersonic design criteria have been presented as a mcans 
of  avoiding shock-induced flow separations and thereby allow- 
ing the attached f low condition to  be achieved. The supersonic 
wing design methods of Ref. 31 allow the design constraints 
to  be imposed during the wing design process. 
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Figure 28 Body Induced Shock Separation 
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Figure 29 Flow Development on a Mach 3 Uniform Load Wing Upper Surface (Boeing Wind Tunnel Model) 
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Figure 30 Interpretation o f  Wind Tunnel Force Data (Boeing Wind Tunnel Model) 
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Figure 31 NASA Cambered Wing Pressures and Pitching Moment 
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Figure 32 Wing Thickness Effect on Drag Due to Lift 
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Figure 35 Early US.  SST Wing Design Success 
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Figure 36 Typical Flow Development Boundaries for a Highly Swept Arrow Wing 
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